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INTRODUCTION 


To calculate the aerothermodynamic environment for the shuttle entry con- 
figuration, one must understand and properly model the viscous tinviscid inter- 
actions for this conpleXf three-dimensional flow-field. The present investi- 
gation is concerned with the viscous ;inviscid interactions which perturb the 
flow around the wing leading-edge . The flow-field perturbation results when 
the fuselage -generated shock wave interacts with the wing- genei*a ted shocsk wave. 
Based on the flow models of Edney (ref. 1), three types of shock-interference 
patterns are possible for the wing leading-edge of the orbiter. For small 
angles of sweep, a T^pe IV interaction occurs; for intermediate angles of 
sweep, a Type V interaction occurs; and for a hi^ly swept leading edge, a 
Type VI interaction occurs. Sketches of these patterns are presented in Fig. 1. 

Bertin et^ al (ref. 2) found that it is possible to generate theoretical 
solutions both for the lype V and for the Type VI patterns for a given geometry 
over a wide range of flow conditions. It was not possible to determine from 
the theoretical solutions which pattern would exist in practice. In addition 
to questions relating to existence criteria, there are uncertainties regarding 
the flow model. Graumann (ref. 3) obtained theoretical solutions of the Type 
V shock-interaction pattern both for perfect-gas properties and for real-gas 
properties. The calculated pressttre rise across the impinging shock wave for 
the perfect-gas solutions of Graumann differed from the corresponding value 
reported by Keyes and Hains (ref. 4), even though the shock structure of the 
flow-- field models appeared to be the same* 

The experimental piK)gram described in the present report was undertaken 
to determine: 

(1) criteria gove3?ning the conditions for which a particular pattern 
exists and 
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(2) additional information needed to develop flow- field models for 
theoretical analysis. 

The results of the experimental program conducted in the University of Texas 
Supersonic Wind Tunnel are presented in this report. Schlieren photographs, 
patterns , and surface-pressure measurements were obtained when a 
double-wedge configuration was exposed to a supersonic stream. The nominal 
flow conditions were a free-stream Mach number of 4.97 with a free-stream 
Reynolds number of 0.634 x 10 per cm (19.3 x 10^ per foot). The geometric 
variables of the program were the deflection angles for the two wedge surfaces. 



EXPERIMENTAL PROGRAM 




Facility 

The tests were conducted in the University of Texas SupiW^'Sonic Wind Tunnel 
(UT SWT). The facility is a two-dimensional, blow-down type wind tvinnel, using 
air as the test gas. The nominal dimensions of the test section are width 
15.3 cm (6.0 in.) by height 17.8 cm (7.0 in.). The test section diverges 
slightly along its length to accommodate boundaiy layer growth. 

For the present test program, the free-stream Reynolds number was 0.634 x 10^ 
per cm (19.3 x 10 per foot) at a free-stream Mach number of 4.97. The usable 
"tast-time for this Reynolds number is approximately 20 seconds* 

Models 

A sketch of the doublei-wedge model used during the test program is shown 
in Fig. 2. Two different support bases were used so that the effect of the 
initial wedge angle could be studied. For one model the initial wedge angle 
(6) was 5®, for the other it was 15®. The second wedge was intended to repre- 
sent ("two-dimensionally") the leading-edge of a wing. For each model, the 
wedge angle varied through a range of sweep angles from 34® to 50°. The dimen- 
sions of the model were restricted because of blockage considerations. As 
shown in Fig. 2, the distance from the leading edge of the first plate to the 
projected intersection with the second plate was 10.16 cm (4.0, in.). The plate 
which constituted the (variable -sweep) second wedge was 5.31 cm (2.09 in.) in 
length. Both plates were 3,18 cm (1.25 in.) in width. During the tests, a 
constant gap of 0.24 cm (0.092 m.) was maintained between the two wedges to 
allow for boundary layer bleed off. The gap was used to eliminate the separa- 
tion bubble which would have formed in the comer (had there been no gap) when 
the boundary layer on the first wedge encountered the shock-induced adverse 
pressure gradient. 
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A total of 37 static pressure orifices were located on the surface of each 
inodel: 12 on the first wedge and 25 on the second wedge • The pressux'e taps were 
located primarily on the center line of the two surfaces. Because of the re- 
stricted model size, three dimensional effects were es^ected* Therefore, pres- 
sure taps were located transversely at two stations on each of the two plates. 

The specific locations of the pressure taps are illustrated in Fig. 2 and in 
Table 1. The orifices in the plane of symmetry are first with the other orifices 
next. The coordinates used are s, the distance firom the leading edge (for each 
plate) and y, the distance from the plane of symmetry. 

Two photographs of a typical test setv^) are presented in Fig. 3. The 
photographs show the two basic models used in the program, i.e. , for one model 
the initial wedge angle was 5° and for the second model it was 15®. The models 
were mounted in the test-section using a floor-mounted support system. Leads 
from the static pressure orifices were taken out of the tunnel aft of the 
model to a mercury- filled manometer board from which the surface pressure 
msasupeinen'ts ob*t8.3.nsd« 0nc6 ths in©pcury XsvbXs x*©ach6d s'taady state duping 

the run, the pressure leads were sealed (with a knife switch) and the pressures 
read* The maximum visual error in reading the manometer boards corresponds to 

o 

a pressure error of ± 70 N/m (± 0*01 psi). 

Test Program 

The free-stream Mach number for the tests was 4*97 ± 0*02* The stagnation 

pressure was 2.16 x 10^ N/m^ (309 psia) with a maximum fluctuation during a run 
4 2 

of ± 1.378 X 10 N/m (±2 psi). The stagnation temperature range was 294® K 
(530® R) to 299® K (539® R). As a results the nominal free-stream Reynolds num- 
ber was 0.634 x 10 per cm (19.3 x 10 per foot). Based on the len^h of the 
second wedge, this Reynolds number corresponds to a model Reynolds number 
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(Re„ ,) of 3.37 X 10®. 

Tests were conducted with initial wedge angles of 5* and 15® and with 
''leading-edge" sweep angles from 34® to 50®. The data consisted of oil-flow 
patterns 5 schlieren photographs, and model surface pressures* The run sche- 
dule for those tests in which pressure data were obtained is presented in 

Table 2 » Additional tests were conducted to obtain flow-visualization data 
only , 



DISCUSSION 


Theoretical Analysis 

The complex flow-field, which is established when a high-speed flow en- 
counters a doil>le-wedge configiiration, is dominated by a shock- interaction 
region which imposes a highly non-uniform flow-field adjacent to the wedge 
boundary layer. The shock-interference patterns which are of primary inter- 
est to the present study are lype V and lype VI. The Type V shock-interaction 
pattern causes a shock wave to impinge on the wing leading-edge boundary layer, 
while the Type VI shock-interaction pattern produces an inpinging ejpansion 
wave . 

The flow field model for the Type V interaction (Fig. 4a) includes; 

1) the undisturbed free-stream flow, 

2 ) the flow turned through the angle 6 by a single shock wave , 

3) the flow turned through the angle A by two shook waves, 

s 

4) the flow which has been processed by three shock waves, such that 
the flow direction and the pressure in region 4 match the corres- 
ponding values in region 5, 

5) the flow which has been processed by two shock waves, with the second 
shock wave being a strong shock (with the pressvire and flow direction 
matching those in region 4), 

6) the flow which has passed through a curved shock wave, such that the 
downstream flow is siibsonic and parallel to the leading edge of the 
"simulated wing" (i.e., the second wedge), and 

7) the flow turned by a reflected shock wave or by a Mach reflection 
(i.e., a y-shaped, curved shock wave) depending on the flow condition 
in region 4 and the shock-wave angle. 

The numerical code for the Type V pattern, which is described in ref. 3, is not 
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yet capable of treating the shock :boundary-layer interaction. 

The flow-field for the lype VI interaction (Fig. 4b) includes: 

1) the undisturbed free-stream flow, 

2 ) the flow turned through the angle 6 by a single wave , 

3) the flow turned through the angle A by two shock waves, 

4) the flow processed by the right— running waves of the expansion 
fan which are centered at the intersection of the two shock 
waves , 

5) the flow which passes through the left running waves produced by 
the reflection of the waves of the expansion fan, and 

6) the flow tixmed through the angle by a single shock wave. 

The flow in region 3 has passed through two shock waves, while further down- 
stream in region 6 the flow has passed throu^ a single shock wave and is, 
therefore, at a lower pressure than that in region 3. Thus, although the 
flow directions are the same, the gas mtist undergo an ej^ansion from the root 
region to equalize the pressure. The flow accelerates is en tropically through 
the ejq)ansion region so that the pressure and the flow direction in region 5E 
are identical to the values for region 6. The numerical code for the Type VI 
interaction is described in ref. 5. 

Mechanisms of the Limits of the Shock- Interaction Pattern. Characteristics of 
the shock-interaction patterns for a double-wedge configuration depend on the 
deflection angle of the first wedge, the sweep of the second wedge Cor simu- 
lated "wing") of the model, the free-stream flow condition, and the gas-pro- 
perty model. The minimum leading-edge sweep angle for which a Type V pattern 
is possible is that for which a linear, oblique shock wave divides region 2 
from region 3. The Type VI shock interference characteristics no longer ex- 
ist when the sweep angle becomes so small that the required outboard flow 
Ci.e. , that in region 6) can not be generated by a single, weak shock wave. 
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Over a range of geometry both the lype V and the Type VI shock-interference 
patterns can exist numerically for a given geometry subject to a given flow 
condition. Using the numerical codes developed for the Type V and for the 
Type VI pattern, either shock-interference pattern could exist over a range 
of sweep angles. Shapiro (ref. 6) notes that, for a given initial Mach mun- 
ber and for a given turning angle, there may be either a strong shock or a 
weak shock. The data presented below show that the weaker solution exists 
e xpe riraen tally . 

E^qjerimental Results 

As has been noted, the models were designed such that the initial deflec- 
tion angle 6 could be either 5° or 15® and the second wedge angle could be set 
to any desired angle. Obviously the shock wave generated by the 15° wedge 
is stronger than that generated by the 5° wedge. Correspondingly, in region 
2 (see Fig. 4) the static pressure is higher and the local Mach number is lower 
for (5 of 15°. The difference in the strength of the impinging shock was suffi- 
cient to significantly affect the character of the shock interaction for a 
given sweep angle of the second wedge. Therefore, the discussion of the ex- 
perimental results will be divided into two sections: the first reviewing the 
data for 6 = 15° and the second, the data for S = 5°. 

Initial Deflection Angle of 15° 

With the initial deflection angle 6 equal to 15°, all three shock-inter- 
action patterns were obtained over the range of sweep angles tested, i.e. , 34° 
to 49.5°, The schlieren photographs and the static-wall-pressure distributions 
along the second wedge, i.e. , the "simulated" wing leading edge, were used to 
determine which pattern existed for a given geometry. The minimum sweep angle 
for which a particular interaction pattern existed experimentally appears in 
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Tatle 3. 

The experimentally determined ranges are compared with the lower limits as 
defined in the section ’’Mechanisms of the Limits of the Shock- Interaction Pat- 
tern". The limits represent the values of ref. 7 for a wedge and for a cone. 

The measured values are in approximate agreement with the values for the two- 
dimensional wedge flow. Note also that,. in the region where either the Type V 
the Type VI pattern were theoretically possible, the weaker. Type VI 
pattern was observed experimentally. 

The Type VI results . The schlieren photograph and the static pressure distri- 
bution for the second wedge are presented for Run W37 in Fig. 5 and Fig. 6, re- 
spectively. Comparing the flow field depicted in the schlieren photograph 
with the sketch of Fig. 4b, the suock-interaction is a Type VI pattern. Clearly 
evident in the photograph are: the impinging ’’bow" shock wave, the linear shock 
wave dividing region 2 from region 3, the centered expansion fan, the ’’wing- 
leading-edge" shock wave, and the shear layer which is approximately pcupallel 
to the second wedge and which divides the flow which has passed through two 
shock waves, from the flow which has passed through only one shock wave (i.e., 
the wing leading— edge shock). Also evident in the schlieren photograph are two 
weak (Mach) waves which occur when the flow on the second wedge is perturbed by 
the transverse rows of static orifices. Both perturbations occur in region 3. 

Table 3. - The Smallest Sweep Angle for Which a Given 
Shock-Interaction Pattern Occurs for 6 = 15®. 


Shock-Interaction 

Pattern 

Measured 

A , 

min 

Wedge Theory 

A . 
nan 

Cone Theory 
non 

Type VI 

47® 

49.0® 

35.5® 

Type V 

36® 

37.7® 

24.6® 
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Thus, the local Mach number in region 3 was calculated using the measured wave 
angle, i.e., M = 1/sin u. Experimentally the local Mach number is 1.9 which is 
equal (to the nearest tenth) to the theoretical value. 

The pressiire measurements for the second wedge, i.e., the simulated wing 
leading-edge , are presented in Fig, 6. Also included is the theoretical pressiire 
distribution, as calculated using the numerical code described in ref. 5. The 
pressure measurements from the plane of symmetry are in good agreement with the 
theoretical values in region 3. Note that the location where the ejqiansion fan 
impinges on the surface as determined from the schlieren photograph (which is 
indicated in Fig. 6 by the upper arrow) is inboard of the theoretical location. 
The difference between the theoretical and the experimental locations is approx- 
imately 0.8 cm. (0.3 in.). 

The intersection of the Mach waves emanating from the comer (the lower 
arrow of Fig. 6) is shown to indicate the limit of the two-dimensional flow in 
the plane of symmetry. The intersection occurs downstream of the two stations 
at which orifices were located off the plane of symmetry. At s = 0.24L, the 
pressure variation in the transverse, or y, direction is 7% of the static pres- 
svire measured in the plane of symmetry. At s = 0.48L, the transverse pressure 
variation is 13%. 

Downstream of the interaction perturbed region, i.e., in region 5E, the 
experimental pressures are somewhat below theory. The difference is attributed 
to three-dimensional effects. 

The Type V results. As noted in the section discussing the limiting mechanisms, 
when the sweep angle becomes so small that the required outboard flow cannot be 
generated by a single, weak shock wave, the Type VI pattern is no longer possible. 
For the present configurations, data first exhibit’ the characteristics of the 

.Type V shock -interaction pattern when the sweep angle is decreased to 46®. Data 
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characteristic of the Type V Interaction were obtained for sweep angles from 
just under 47° through 37°. 

Schlieren photographs are presented in Fig. 7 for sweep angles of 44° 

(Run W42), 41° (Run W44) , and 37° (Run W61). Although all of these photographs 
depict the Type V shock-interaction pattern, definite changes in the flow field 
are evident as the sweep angle is changed. The changes are associated primarily 
with the shock wave which impinges on the wing leading-edge , dividing region 3 
from region 4 in Fig. 4a. Based on the theoretical investigation of ref. 3, it 
is evident that, as the sweep angle is decreased, the impinging shock wave be- 
comes more normal. The Mach number in region 7 decreases from supersonic values 
to subsonic values. 

At relatively high sweep angles, the flow downstream of the impinging shock 
is still supersonic and a reflected shock wave is generated. The reflected wave 
is evident in Fig. 7a, which presents the photograph for Run W42, i.e., A = 44°. 
The reflected wave is apparently not the simple shock wave which is predicted 
theoretically when boundary-layer effects are neglected. Instead a complex 
pattern exists which includes expansion waves and compression waves. This con- 
clusion is based on other data which indicate a "separation bubble" occurs 
when the impinging shock wave interacts with the boundary layer. Another wave 
can be seen returning to the surface from the intersection of the reflected wave 
and the shear layer. This feature is not represented in the current theoretical 
flow models (refs. 3 and 4). Note also that the physical size of region 5 (refer 
to Fig. 4a) is very small. For sweep angles nearer the lower limit for which 
the Type V pattern exists, region 5 was virtually nonexistent. Unfortunately, 
schlieren photographs for those runs either were not taken or were of poor 
quality. However, multiple reflections of the impinging wave similar to those 
appearing in Fig. 7a occurred at the lower sweep angles. 

The schlieren photograph for an intermediate Type-V sweep-angle is presented 
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in Fig. 7b. Theoretically (ref. 3), the in^iinging shock wave has become so 
strong that the downstream flow is subsonic. Thus, the pattern coz*responds 
to the type V flow model with a Mach -wave reflection. However, the ea^eri- 
mentally observed pattern is much more conplex than the current theoretical 
flow model. Multiple waves impinge on the surface. Furthermore, althou^ 
the theoretical Mach nuiriber for the downstream flow is subsonic, reflected 
Waves are evident. Ihe waves cross into region 5, which grows in size as the 
sweep angle decreases . 

The schlieren photograph of the flow pattern just prior to transition 
from the Type V pattern is presented in Fig. 7c. The photograph is for A = 370 , 
i.e. , Rm W61, The shock wave which divides region 2 from region 3 has begun 
to bow. As noted in the section on limiting mechanisms, this indicates the on- 
set of the lype IV pattern. Region 5 has become more extensive. Fiirthermore , 
multiple waves originating in this region can be seen impinging on the svirface. 

The effect of sweep angle on the shock-interaction structure for the lype 
V pattern has been discussed using the schlieren photographs of Fig. 7, The 
experimentally observed shock structure for Run 44, i.e. , M = 4,97, 6 = 15°, 
and A = 41°, is compared in Fig. 8 with the theoretical solution. For a given 
test condition, the shock -wave angles are uniquely determined by the numerical 
code described in ref. 3. The computed angle of the wing-root shock wave, i.e., 
the shock wave dividing region 2 from region 3, is 55°. (with respect to the 
surface of the initial wedge) while the ejperimental value is 52°. The differ- 
ence between the experimental and the theoretical values is attributed to the 
fact that the actual Mach number in region 2 just upstream of the "wing-root" 
shock is greater than the theoretical value. This conclusion is based on the 
static pressure measurements for the first wedge. These pressure data indi- 
cate that the flow accelerates along the length of the plate. The pressure near 
the leading edge is slightly above the theoretical value for a 15° deflection 
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of the free-stream flow ^ while the pressiore measxired near the intellection with 
the second wedge is slightly below the theoretical value. The difference be- 
tween the theoretical and the measured values for the wing-root shock-wave angle 
affedts the correlation of the remainder of the shock structure ■ (refer to Fig. 8) 

Because the flow field contains both subsonic and supersonic regions, the 
lengths of the shock -wave elements are not determined by the current numerical 
code. To compute the geometry of the shock structure, the numerical code re- 
quires that one specifies either the length of the shock wave which divides 
region 2 from region 5 or the surface length of region 3. For the conputed 
geometry presented in Fig, 8, the length of the shock wave dividing region 2 
from region 5 was assumed to be equal to the ejperimen tally observed value. 

The theoretical values for ■fhe angles for the various shock-wave elements 
correlate well with the experimentally determined values. There is also good 
agreement between the theoretical and the experimental values for the flow 
direction in region 4 and in region 5. The correlation can be seen by noting 
the similarity between the calculated and the observed shear layer dividing 
region 4 from region 5. Thus, the difference between the calculated and the 
measured values for the wing-root shock wave contributes significantly to the 
differences between the flow field computed by the theoretical code and that 
portrayed in the schlieren photograph. The correlation, however, is considered 
good. 

The theoretical Mach number of 0.42 which is tabulated in Fig. 8 for 
region 6 applies only to the flow just downstream of the normal portion of the 
shock wave. Preceding outboard, the wing- leading-edge shock wave weakens rapid- 
ly , so that the flow downstream of the shock is again supersonic. The super- 
sonic flow which exists downstream of the wing-leading-edge shock outboard of the 
interaction region has a significant influence on the flow field, as will be 
discussed subsequently. The current theoretical flow model assumes the local 
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Mach nuinber and 3 therefore, the static pressure ape constant in region 7 , i*e*, 
the region adjacent to the wall and downstream of the Mach reflection. However, 
the varying strength of the wing-leading'-edge shock noted above affects the flow 
in region 7. 

Photographs of oil flow patterns on the second wedge were obtained over a 
range of sweep angles. At the relatively high sweep angles (specifically those 
for which a Type VI pattern exists), no significant information about the shock- 
interaction structure was obtained from the oil- flow patterns. For those sweep 
angles for which a Type V pattern exists, oil accumulated in the region where 
the inpinging shock strikes the surface. Photographs of the surface oil- flow 
patterns are presented in Fig. 9 for sweep angles of 46^ and of 41^. Because 
the trace of the oil- flow accumirlation is relatively faint, an arrow is included 
to help identify the location of the trace in the ir^productions. The accumula** 
tion of oil becomes more pronounced as the sweep angle decreases. These patterns 
^^SS®st that the interaction between the impinging shock and the boundaiy layer 
produces a separation bubble. The separation biibble grows as the inpinging 
shock wave becomes more normal, i.e. , as the sweep angle decreases. 

The static-pressure measurements from the second wedge are presented in 
Fig. 10 over a range of Oype V sweep angles. The intersection of the Mach waves 
emanating from the comers (the arrow of Fig, 10) is shown to indicate the limit 
of the two-dimensional flow in the plane of symmetry. When the shock impinges 
in the vicinity of the transverse row of orifices, there is considerable pressure 
variation in the transverse, or y, direction. Away from the interaction the 
transverse variation is typically 15% of the static pressure measured in the plane 
of symmetry. Based on the transverse pressure gradient and on the oil-flow pat- 
terns , it is concluded that the three-dimensional effects do not affect the char- 


acter of the data. 
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The ejqjerimental pressure distribution along the plane of syiranetry is com- 
pared with the theoretical values conputed using the code of ref. 3. As noted 
previously , the numerical code does not calculate the shock-interaction loca- 
tion without some enpirical information. For the calculations presented in 
Fig. 10, the impingement point for the theoretical pressure distribution was 
determined from the schlieren photographs. Therefore, the location of the mea- 
sured shock-induced pressure rise should be the same as the location of the 
"theoretical" interface between region 3 and region 7. The shock-induced pres- 
STire rise does not approach the theoretically predicted jump. Furthermore, the 
increase is measured at only a few orifices. Since the esperimental pressure 
distribution represents measurements from a finite number of orifices, it is 
possible to miss the maximum va.T>’e. It is also possible that the experimentally 
determined peak pressure is less than it should be, if the orifice size is re- 
latively large conpared to the peak pressxare region. Thus, the measurement 
may reflect an averaging of the pressure perturbation. Nevertheless, the pres- 
sure data are believed reflect the true character of the shock- interaction 
structure. The pressure decreases significantly downstream of the inpingement , 
asynptotically approaching a constant value. 

The pressure rise produced by the inpinging shock wave is less than the 
theoretical rise and affects only a small region of the wing leading-edge. To 
gain insight into the causes of these differences, consider the pressure immedi- 
ately downstream of the wing shock. Referring to Fig. 4a and to Fig. 8, the 
wing shock is conposed of three segments: (1) that which divides region 2 from 
region 3 (or the "wing-root" shock), (2) that which divides region 2 from 
region 5, and (3) that which divides region 1 from region 6 (or the "wing- leading- 
edge" shock). The pressure imiiiediately downstream of the shock was calculated 
using the shock wave angle measured in Fig. 8 and the theoretical Mach number 
just upstream of the shock wave. The pressure distribution, thus calculated, is 
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conpared with the data from the plane of symmetiy in Fig. 11. In region 3, the 
pressure calculated using the numerical code of ref. 3 is hi^er than the data; 
whereas the calculated pressure behind the shock wave is .esseatiaHy equkl fo them. 
The differences between theory and data have been discussed previoxisly. A sharp 
increase is evident in the pressure j'ust downstream of the shock which divides 
region 2 from region 5. Recall that the pressure in region 4 Cjust downstream 
of the impinging shock) is equal to the pressvire in region 5. Thus, one would 
expect the pressure in region 7 Cjiist downstream of the reflection) to be even 
higher. However, the pressure perttirbation indicated by the schlieren photo- 
raph was not measured, perhaps beca\ase of the limited number of orifices of 
finite size, as noted previously. Outboard of the interaction region, Ci.e., 
for s > 0.5L) the pressure just downstream of the wing-leading-edge shock wave 
correlates closely with the data. The agreement should be ejqpected since the 
pressure gradient across the shear layer would be small in the absence of sign- 
ificant curvature of the streamlines. Thus, to properly model the Type V 
shock-interaction structure one should modify the flow model shown in Fig. 4a. 

The Type IV results. As noted in the section "Mechanism of the Limits of the 
Shock-Interaction Pattern", the breakdown of the I^pe V pattern occurs when the 
shock dividing region 2 from region 3 (i.e. , the wing- root shock wave) is no 
longer linear. When the sweep angle was decreased below 36°, the wing-root 
shock wave becomes significantly curved and the shock-interaction pattern 
changes markedly (refer to Fig, 1). A schlieren photogp^b of the IV pattern 

is presented in Fig. 12. The shock wave is curved along the entire length of 
the second wedge, A shear layer which is essentially parallel to the wing 
leading-edge and a jet which inpinges on the surface can be seen originating 
in the interaction region. 

The pressure measurements for the second wedge are presented in Fig. 13 
for Run W46 , for which 6 = 15° and A = 34°. The static wall-pressure is rela- 
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tively constant near the wing root and outboard of the interaction region. Us- 
ing the average wave angle from the schlieren photographs , the pressure down- 
stream of the wing- root shock wave is calculated to be 57 times the free-stream 
value, as shown in Fig. 13. The calculated pressure downstream of the outboard- 
most trace of the wing- leading- edge shock is approximately 20 times the free- 
stream value. These "calculated” values provide a reasonable approximation of 
the measured pressures . The pressure distribution presented in Fig. 13 is simi- 
lar to those reported by Keyes and Hains (ref. 4). The pressure distribution does 
not exhibit any local pressure peaks which could be lised to coitpute locally high 
heat- transfer rates using the relations of MarkaMan (ref. 8). The locally high 
heating rates are associated with the impingement of the jet. 

The location of the interaction^p e rturbed region . For a Type VI shock-interaction 
pattern, the location of the interaction-perturbed region is uniquely defined by 
the conputer code described in ref. 5. However, for a Type V shock-interaction 
pattern, the numerical code of ref. 3 does not uniquely define the interaction- 
perturbed region. As noted previously, one must input certain characteristic 
lengths so that the interaction geometry for the lype V interaction can be com- 
puted by the program. 

Schlieren photographs, surface-pressure distributions, and oil-flow patterns 
have been used to determine that region of the second wedge, i.e. , the simulated 
wing leading-edge , which is affected by the shock-interaction. The experimentally 
determined locations of the interaction perturbed region, which are presented in 
Fig. 14, represent the upstream end of the perturbed region. The location of the 
interaction is independent of the technique used. The largest "discrepancies" 
appear in the locations determined using the pressxire data. This is understand- 
able since the pressures were measured at a finite number of specific locations. 
The test program was conducted in two phases. Run nujiiber W59 through W68 repre- 
sent tests which were intended to supplement the original program. 
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Over the range of sweep angles tested, the location of the pertxirbed region 
moves inboard as the sweep angle decreases. It is interesting to note that the 
curve is continuous even as the interaction pattern changes character, e.g. , 
from T^pe VI to Type V. Thus , as the wing-leading-edge shock increases in 
strength (with a corresponding increase in the downstream pressure) so that the 
inpinging wave goes from an expansion wave (lype VI) to a conpression wave (Type 
V), the inpingement location does not change suddenly. The fact that the esgjer- 
i mentally -determined interaction location is a "well-behaved" function of sweep 
will be useful to a numerical solution which requires empirical inputs. 

Initial Deflection Angle of 5° 

As can be seen in Table 2 , pressure data were obtained for fewer sweep angles 
when 6=5® then when 6 = 15®. In addition, there were no tests for which only 
flow- visualization data were obtained. Several factors led to the decision to 
limit the scope of the test program for model configurations with 6 = 5®, The 
factors included: (1) the flow-yis\ialization photographs were not as graphic and 
(2) the relatively weak "bow" shock wave muted the shock interaction pattern. 

Schlieren photographs are presented in Fig. 15 for sweep angles of 50° 

(Run W47), of 46° (Run W49), of 43° (Run W53), of 41.5° (Run W54), and of 40° 

(Run W55). Pressure measurements for these same configurations are presented in 
Fig. 16, Based on the "Mechanisms of the Limits of the Shock-Interaction Pattern", 
the minimum sweep angle for which a given shock interaction exists is summarized 
in Table 4 for 6=5°. For the sweep angles tested, data characteristic of the 


Table 4. - The Smallest Sweep Angle for Which a Given 
Shock-Interaction Pattern Occurs for 6=5°, 


Shock-Interaction 

Pattern 

Measured 

A . 

nun 

Wedge Theory 

A . 

min 

Cone Theory 

A . 

min 

Type VI 

48° 

49.0° 

35.5° 

Type V 

47® (approx) 

45.0° 

|1.2° 
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Type V pattern were not obtained. Thus , the lower limit of the Type V pattern 
is less than 48° (the smallest sweep angle for which a Type VI pattern was ob- 
tained) but greater than 46° (the greatest sweep angle for which a Type IV 
pattern was obtained). That the Type V pattern should exist only over a brief 

i 

range of sweep angles when 6 = 5° is not surprising. Because the "bow" shock 
wave is weak, the flow in region 2 is only sli^tly different from that in 
region 1. Thxis , the minimum deflection angle for which it is possible to have 
a weak shock wave divide region 1 from region 6 is not much different than the 
minimum deflection angle for which a weak shock wave dividing region 2 .from 
region 3 is possible. 

Schlieren photographs. Schlieren photographs of the flow fields generated for 
<S = 5° are presented in Fig. 15. As has been noted, the shock wave in the wing- 
root region is curved for sweep angles of 46°, or less. Thus, for all but the 
highest sweep angle of Fig. 15 (i.e. , for all but A = 50°), the shock-interac- 
tion pattern is a Type IV pattern. , 

The Type VI pattern for A = 50° (Run W47) , which appears in Fig. 15a, is 
similar to that presented for an initial deflection angle of. 15° (in Fig. 5). 
Evident are: the "bow" shock wave, the "wing-root"shock wave, the centered ex- 
pansion fan which impinges on the wing leading-edge, the "wing leading-edge" 
shock wave, and the shear layer which is' essentially parallel to the wing 
leading-edge. Mach waves originating from the transverse rows of pressure taps 
are visible. The measured wave angle was used to determine the ejqjerimental 
value of the Mach number in region 3. The experimentally determined Mach number 
is 1.52, which conpares favorably with the theoretical value of 1.60 confuted 
using the numerical code described in ref. 5. In addition, the wing- root shock 
wave, i.e., that dividing region 2 from region 3, is measured to be 50° with 
respect to the first wedge, whereas the theoretical value is 51.4°. 
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Because the wing-root shock wave is curved (Figs. 15b through 15e), the 
shock-interaction pattern is categorized as a Type IV pattern. Otherwise, 
the photographic trace of the lype IV shock-interaction pattern in Fig. 15b is 
not very different than the trace of the lype VI pattern in Fig. 15a. Note 
also that the inflection in the shock wave inboard of the intersection of bow 
shock wave, which is evident in Fig. 12 (6 = 15°), does not appear in the 
schlieren photographs for the configurations with 6=5°. As the sweep angle 
is decreased, the trace of the jet which impinges on the surface becomes 
stronger. 

Surface-pressure measurements on the second wedge. The surface-pressure measure- 
ments for the wing leading-edge are presented in Fig. 16. For A = 50° (Fig. 16a), 
the experimental pressure distribuiion correlates closely with the theoretical 
distribution for the Type VI pattern. For region 3, the pressure measurements 
from the plane of symmetry are in very good agreement with the theoretical value 
up to the intersection of the Mach waves which emanate from the comers. Thus, 
the differences between experiment and theory downstream of this point are attri- 
buted primarily to three-dimensional effects. The location of the intersection 
of the ejqjansion fan with the wing leading-edge which was determined using 
the schlieren photograph" (Fig. 15a) is within 0.25 cm. (0.1 in.) of the theo- 
retical location. The static pressure data from region 5E are approximately 
15% to 20% below the theoretical level. The data are believed to reflect the 
fact that the plate is of finite span and that the flow is not actually two 
dimensional. 

For a double-wedge configuration where 6=5° and A = 46°, a lype V shock- 
interaction pattern is theoretically possible using the numerical code described 
in ref. 3. However, coitparing the experimental pressure distribution with the 
theoretical solution for a Type V shock-interaction puttom , it is clear that a 



lype V shock-interaction pattern did not exist. As was done for Fig. 10, the 
schlieren photograph was lised to locate the interaction-perturbed region on 
the surface of the wing leading-edge. Instead of the pressure rise associated 
with a Type V interaction, the pressvire decreases continuously. In addition, 
as noted previously, the fact that the wing-root shock wave is curved supports 
this conclusion. Note that this is the lone instance during the present pro- 
gram for which the experimentally determined minimum sweep angle for a given 
pattern was greater than the theoretical minimum calculated using wedge theory 
(ref. 7). 

Thus, it is concluded that for sweep angles from 40® to 46°, the shock- 
interaction pattern is a Type IV pattern. However, because of the relatively 
weak bow shock -wave, there is noL "iiuch difference between the surface pressure 
inboard of the interaction and that outboard of the interaction. As a result, 
the pressure variation along the wing leading-edge is gradual, but continuous. 
The pressure distribution, therefore, differs significantly from that observed 
for 6 = 15° whefe, as noted previously, the static wall pressure is relatively 
constant near the wing root and outboard of the interaction. 

The location of the interaction -perturbed region . Schlieren photographs have 
been used to determine that region of the second wedge which is affected by the 
shock interaction. The experimentally determined locations of the interaction 
perturbed region, which are presented in Fig. 17, represent the upstream end of 
the perturbed region. Over the range of sweep angles tested, the location of 
the perturbed region moves inboard as the sweep depresses. Again, the curve is 
continuous even as the interaction changes character. 



CONCLUDING REMARKS 


Over the range of geometries tested in the present program, the following 
conclusions are made. 

1. Whereas theoretical solutions both for a Type V pattern and for a 
Type VI pattern can be generated for a particular test condition (as 
defined by the geometry and the free-stream conditions), the weaker 
shock pattern was observed ej^erimentally . 

2. There is satisfactory agreement between the esqperimentally observed 
Type VI shock-interaction pattern and the theoretical solution. 

3. The correlation between the measured Type V shock-interaction pattern 
and the theoretical solution is satisfactory to the region where the 
interaction intersects the surface. The Type V pattern varied with 
sweep angle as was predicted by the theoretical model. However, the 
data indicated deficiencies in the theoretical flow model. The pressure 
distribution along the simulated wing leading-edge differed signifi- 
cantly from the calculated distribution. The weakening of the leading- 
edge shock wave outboard of the interaction has a marked effect on the 
surface pressure. 

4. The surface-pressvire distribution for the Type IV shock-interaction 
pattern did not exhibit local pressure increases which would indicate 
locally severe heat-transfer rates. Thus, to predict the heat- transfer 
distribution along the wing leading-edge it is necessary to eiqplore the 
governing flow mechanisms. 

5. That portion of the simulated wing leading-edge which is affected by 
the shock-interaction moves Inboard as the sweep angle decreases. The 
interaction location is a continuous function of sweep angle even as the 
interaction changes character, i«e« , from Type VI to Type V and then to 
Type IV. 
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Table 1. ~ Location of the static-pressui?e orifices 

First Wedge Second Wedge 



s 

y 

s 

y 

Orifice No. 

cm(in) 

cm( in ) 

cm( in ) 

cin(in) 

1 

' 1 

0.635(0.25) 

0. 0(0.0) 



2 

1.270(0.50) 

0. 0(0.0) 



3 

2.540(1.00) 

o.oco.o) 



4 

5.080(2.00) 

o.oco.o) 



5 

7.620(3.00) 

o.oco.o) 



6 

10.160(4.00) 

0. 0(0.0) 



7 



0.254(0.10) 

0. 0(0.0) 

3 



0.508(0.20) 

0. 0(0.0) 

9 



0.762(0.30) 

0. 0(0.0) 

10 



1.016(0.40) 

0. 0(0.0) 

11 



1.270(0.50) 

0. 0(0.0) 

12 



1.524(0.60) 

0. 0(0.0) 

13 



1.778(0.70) 

0.0(0. 0) 

14 



2.032(0.80) 

O.OCO.O) 

15 



2.286(0.90) 

o.oco.o) 

16 



2.540(1.00) 

0. 0(0.0) 

17 



2.794(1.10) 

0. 0(0.0) 

18 



3.048(1.20) 

0. 0(0.0) 

19 



3.302(1.30) 

0. 0(0.0) 

20 



3.556(1.40) 

o.oco.o) 

21 



3.810(1.50) 

0. 0(0.0) 

22 



4.318(1.70) 

0. 0(0.0) 

23 



4.826(1.90) 

0. 0(0.0) 

24 

1.270(0.50) 

0.635(0.25) 



25 

1.270(0.50) 

1.270(0.50) 



26 

10.160(4.00) 

0.318(0.125) 



27 

10.160(4.00) 

0.635(0.25) 



28 

10.160(4.00) 

0.953(0.375) 



29 

10.160(4.00) 

1.270(0.50) 



30 



1*270(0.50) 

0.318(0.125) 

31 



1.270(0.50) 

0.635(0.25) 

32 



1.270(0.50) 

0.953(0.375) 

33 



1.270(0.50) 

1.270(0.50) 

34 



2.540(1.00) 

0.318(0.125) 

35 



2.540(1.00) 

0.635(0.25) 

36 



2.540(1.00) 

0.953(0.375) 

37 



2.540(1.00) 

1.270(0.50) 
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Figtire 1. - Sketch of shock- interference 
patterns as given by Edney (ref. 1). 



Figure 2. 


Sketch of the double-wedge model used 
Supersonic Wind Timnel. 
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. - Photographs of the two basic models in the UT SWT. 


Figure 3 




(a) TYPE V 

Figure 4. - Flow models of the shock-interaction pattern for a double wedge. 




(b) TYPE VI 


Figure 4. - Concluded. 




Figure 5. - Schlieren photograph of shock interaction 
pattern (Type VI) for Run W37, 6 = 15°, A = 49.5°. 
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Figure 6. - Con^jarison of the experimental and the theoretical 
pressure distribution along the simulated wing leading edge for 
a Type VI shock-interaction pattern, Run W37°,6 = 15®, A = 49.5«> 
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(a) Run W42, 6 = 15°, A = 44° 



Cb) Run W44, 6 = 15°, A = 41° 

Figure 7. - Schlieren photographs of the Type V shock -interaction pattern 
for different sweep angles . _ 
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Cc) Run W61, 6 = 15°, A 


370 


Figure 7. 


5f 


Concluded 




Figure 8. - Comparison of computed flow-field using code of ref. 3 with the schlieren photograph. 
Run W44, 6 = 15°, A = 41°. 



(a) W67, 6 = 15°, A = 46° 


(b) W68, 6 = 15°, A = 41° 

Figure 9. - Oil- flow patterns on the second wedge for the Type V shock interactions. 
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A Pressure immediately behind the shock determined using 
the shock wave angle distribution in the schlieren photo 
graph (Fig. 8) 

Q Static pressure measured on surface of second wedge 



Region 7 


A 


o o 

Region 3 
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Figure 11. - Coirparison of the static pressure distribution along the 
second wedge with the values immediately downstream of the shock 
and with the theoretical values. Run 6 = 15 °, A = 41®. 











Figure 12. 
Run W46 , 


- Schlieren photograph of shock interaction pattern (Type IV) for 
5 = 15®, A = 34®. 
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Pressure downstream—— 
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Figure 13. - The pressure distribution along the simulated leading edge 
for a Type IV shock-interaction patter. Run W46, 6 = 15°, A = 34°. 











(a) Run W47, 6 = 5° , A = 50° 



(b) Run W49, 6 = 5° , A = 46° 

Figure 15. - Schlieren photographs of the shock-interference patterns 
a range of sweep angles, 6=5°. 
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(c) Rijn W53, 6 = 5°, A = 43° 
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(e) Run W55, 6 = 5®, A = 40° 


mo 


Figure 15. - Concluded. 
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(a) Run W47, 6 
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Cb) Run W49, 6 = 5°, A =46° 

Figi^e 16 . - The pressure distribution along the simulated wine leadine 
edge for several sweep angles (6=5®), 
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